






H pressure  altitude, geopotential m P 

h height  measurement  above  fuselage surface, em 

L distance from airplane nose  to end of tail boom, 19.05 m 

=a distance from tip of nose boom to aft boundary  layer  rake  station at X/L = 0.867, 
2 2 . 2 3  m 

L distance from tip of nose boom to forward  boundary  layer  rake  station  at f X I L  = 0.684, 18.75 m 

MQ Mach number  within  the boundary  layer for either  rake 

Mref reference Mach number  used in  boundary  layer  calculations for either  rake 

Mach number  at  edge of boundary  layer  for  either  rake 

MW free-stream Mach number 

MIL military power engine  setting; nozzle is closed and nominal boattail  angle is 
1 8 .  lo 

NPRL nozzle pressure ratio for left engine, nozzle entrance  pressure divided by p, 

PCM pulse code modulation 

PTRAT pitot pressure  ratio  in  the  boundary  layer 

pitot pressure measured  within  the  boundary layer,  forward  or aft rake, N/cm 

local surface  static  pressure, N/cm 

local surface  static  pressure aft rake, N/cm 

2 
Pi 

PQ 

PQ 

2 

2 

a 

P'f  
local  surface  static  pressure,  forward  rake N/cm 2 

surface  static  pressure at  boundary  layer  rake  station, N/cm 2 

'Ilrk 

free-stream static  pressure N/cm P, 

2 

2 

P t  free-stream  total pressure, N/cm 
00 

free-stream dynamic pressure, N/cm 2 
4, 

2 



Reynolds  number based on length L 

Reynolds  number based on length La 

Reynolds  number based on length L f 

local radius of curvature  at  boundary  layer  rake  station, cm 

wing reference  area, 55.839 m 

free-stream total temperature, K 

2 

velocity  at edge of boundary  layer for either  rake,  m/sec 

local  velocity  within  the boundary  layer for either  rake,  m/sec 

reference velocity for the  boundary  layer for either 

velocity ratio  in  the  boundary  layer for either  rake 

distance from airplane  nose, m 

nondimensional distance from airplane nose 

angle of attack,  deg 

angle of sideslip,  deg 

boundary  layer displacement thickness, cm 

boundary  layer  thickness  at aft rake, cm 

boundary  layer  thickness  at  forward  rake, cm 

boundary  layer momentum thickness, cm 

left inlet cowl angle,  deg 

rake,  m/sec 

circumferential  angle  around nozzle measured clockwise from top of aircraft 
when viewed from the rear,  deg 

Subscripts: 

a aft 

f forward 



DESCRIPTION OF AIRPLANE AND PROPULSION  SYSTEM 

The F-15 airplane (fig. 1) is a  high  performance  fighter with  a  mission requirement for 
dash  capabilities  exceeding Mach 2 .  An additional  mission  requirement is the  ability to 
cruise efficiently  at transonic  speeds.  Distinguishing  airplane  features  are  a high-mounted 
sweptback  wing , twin vertical  stabilizers , and  a  large  horizontal  stabilator  (fig. 2)  . The 
variable geometry inlets  use  horizontal  ramps mounted at wing level (fig. 3 (a)) . The 
variable cowl angle  and two-position bypass door are shown in  figure 3 (b) . The variable 
geometry surfaces  are positioned by  an  air-inlet  controller.  The  test  airplane is also 
equipped with a manual control to allow the  pilot to make in-flight  changes  to  the cowl and 
bypass door positions. Additional details on the  inlet  are  given  in  reference 1. 

The  powerplants are two prototype  Pratt & Whitney  F100-PW-100 engines which are 
twin-spool afterburning  turbofans  in  the 110,000-newton thrust  class. Both the fan and the 
compressor are  variable geometry  for  high  performance  and distortion  attenuation. The 
nominal bypass  ratio is about 0 .7  for military (maximum nonaugmented) power at sea  level 
standard  day  conditions. The engine  controls  consist of a  hydromechanical  unit  and  a 
supervisory  digital  control  unit. 

The afterbody  configuration  consists of closely  spaced  nozzles  and  widely  spaced  tail 
support booms (fig. 4 ) .  The development of this  configuration is discussed  in  reference 5.  
The exhaust  nozzles are  variable geometry , have  a  convergent-divergent  internal flow 
path,  and  are  scheduled  by  the  engine  control to continuously  provide  the  proper  ratio 
between throat  area  and  the  ratio of exit  area to throat  area. The nozzle surfaces  consist 
of variable position flaps , which slide  in  a  circumferential  direction to maintain a  circular 
gas  path  at  the  throat  and  exit  as the  geometry is varied. 

Details of the  external nozzle  geometry are shown in  figure 5.  The  three-dimensional 
fuselage  surface  ends  at X / L  = 0.886. Aft of this station the  exposed nozzle is axisymmetric . 
The nozzle is fixed  geometry forward of X / L  = 0.900 , where  the  terminal  angle is 13.2O. 
The nozzle geometry is variable downstream of X / L  = 0.900. There is a  discrete  change  in 
nozzle shape at the  juncture of the  fixed  and  variable components of the  nozzle. The boat- 
tail  angle  varies from about 18. lo at  military  power to about 2 O  with full  afterburning. In 
determining  the  boattail  angle  the  variable  flap  surfaces are assumed to be straight  lines so 
that  the  boattail  angle is constant  over  the  length of the variable  part of the  nozzle. The 
nozzle boattail  angle changes with the  pilot's  throttle  setting  through  the  engine  control. A 
wedge-shaped  nozzle interfairing is located  between the left  and right  nozzles  (fig. 4 ) .  
The wedge has  a 20° included  angle  and  terminates  at  the  exit  plane of the  nozzles. 

Vent air from the  engine compartment was discharged  upstream of the nozzle through 
an  annular  gap formed by  segmented  flexible fairings  (fig. 6 ) .  The effect of this leakage 
flow on the nozzle pressures was  determined during the  flight tests. 

INSTRUMENTATION 

Pressure 

Figures 7 (a)  and 7 (b) show the  locations of the 38 fuselage  static pressure orifices  and 
the two boundary  layer  rakes. A static  pressure  orifice  was located on the  fuselage sur- 
face immediately forward of each  rake  (figs. 7 (a)  and 8 (a)) .  Each rake had 10 pitot tubes; 
the topmost tube  was 3 8 . 4 3  centimeters from the fuselage  surface. 
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TESTPROCEDURES 

For each  maneuver,  it  was  necessary to simultaneously  stabilize Mach number,  alti- 
tude,  angle of attack, and angle of sideslip  before  data  were  acquired. To aid the pilot 
in obtaining  steady  data  during  the windup turn  and  pushover-pullup  maneuvers, 
standard cockpit  instrumentation  was  supplemented  with  the  trajectory  guidance  system 
discussed  in  reference 6 .  The  system used  the  null  technique between the  desired  and 
current  test  conditions on a  special cockpit display. The results were  satisfactory. 

The Mach numbers  tested  ranged from 0 . 6 0  to 2 . O O .  Three  test  altitudes, nominally 
6100, 10,700,  and 13,700 meters,  were  used to obtain  a  Reynolds  number  variation. The 
angle of attack range  extended from about Oo to about 7 O ,  and for most tests  angle of side- 
slip  was  kept within +0.5O of O o .  Several  maneuvers  were flown to  find the effect of 
angle of sideslip on the pressure  data. 

The  test Reynolds  number range is shown plotted against Mach number in  figure 10 for 

the nominal test  altitudes. It extended from about 70 X 10 to about 290 X 1 0  . Average 
stabilator position varied from 2 .  lo leading  edge  up to 3.2O leading  edge  down,  and  the 
average  rudder  trailing  edge position varied from 2.5O trailing  edge left to 1 . 4 O  trailing 
edge  right. 

6 6 

The left nozzle  boattail  angle  was  determined in  real time during each  flight as follows. 
Before  the test  program  the  relationship  between  boattail  angle  and nozzle throat  area was 
established from a  ground  calibration.  During  each  flight  the boattail  angle  was  calculated 
by downlinking , via  radio  telemetry,  the  measured nozzle throat  area from the  airplane to 
a  ground  computer. The  boattail  angle was calculated  and tlien uplinked  via  radio telem- 
etry to  the  airplane  and  displayed on the  pilot's cockpit  console. 

For the  right  engine  a  similar  technique was used. For each  test  point  the  pilot  set  the 
left  boattail angle, which  had  the test  instrumentation,  by  adjusting  the  throttle;  the pilot 
adjusted  the  right  engine power setting,  and  thus  its  boattail  angle, at the  appropriate  level 
to stabilize  test  conditions.  Therefore, for some  of the  test  points  there was  a mismatch 
between  the  nozzle  geometry  and  jet exhaust  temperatures of the left and  right  engines. 

Some  of the left nozzle  boattail angles  tested  in  flight  are plotted against Mach number 
in  figure 11. The four  target  values, which are identified  by  the  horizontal lines,  are MIL, 
14.6O, 9.5O, and 7.7O. The last  three  values  are  afterburning  conditions. The MIL and 
14.6O values  were  tested  throughout the entire Mach number range, but  the 9.5O and 7 . 7 O  
values  were  tested  over only  a  portion of the Mach number range. The  data  indicate  that in 
afterburning  the pilot  was  able to set  the boattail angles within +0.5O of the  target  values 
most of the  time. 

The  boattail  angle setting  designated MIL is a  nonafterburning  setting  and is nominally 
18. lo. The pilot was unable to maintain this  value  for  the  entire Mach number  test range. 
The variation about 18. lo up to about Moo = 1.40  was  about to. 5O. Above Moo = 1 . 4 0 ,  the 
engine  control  (that i s ,  the  military  power  lockup  feature) would  not permit  the pilot to 
make throttle commands  below military  power.  Therefore,  the boattail angle showed a 
steady  decrease from 18. lo to about 1 6 O  at Moo = 2 . 0 0 .  The  variation of boattail  angle  about 
the  target  values  for  all  power  settings  agrees with the  errors estimated in  the UNCER- 
TAINTY section. 
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Boundary  Layer Parameters 

The boundary  layer pitot pressures, pi and  the  appropriate  forward  or aft rake  surface 
static  pressure p ' Z f  or pQ , were  used to calculate  the following boundary  layer  parameters 

by  adapting  the  equations  in  reference 7. The  equations are written  for  the  forward  rake; 
similar  equations  apply  for  the aft rake. 

a 

Local  Mach number, MQ , was  calculated  for  subsonic flow by the equation 

MQ f =/m5 
and  for  supersonic flow by  the  equation 

M Q  - f 
- 

The criterion for supersonic flow was > 1.8929. Equation (4) was  solved iteratively. 
PQ f 

A reference Mach number, Mref,  was  calculated for  the  forward  rake  using p ,  and 
00 

p g  for  subsonic flow by  the equation 
f 

and  for supersonic flow by  the  equation 

Mreff 
1 1 

Mreff h 5 )  

.25 
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The velocity ratio  through  the  boundary  layer was  calculated  by  the  equation 

The reference velocity Uref was  calculated  in  meters per second for the  forward  rake 
f 

by the  equation 

= 20-05 1 + 0.2Mref f 
00 

2 ref M 

f 

In order to  determine the  boundary  layer  thickness  at  the  forward.rake 6 - uQf 
f '  'reff 

was  plotted against  the  height above the  fuselage  surface h .  In some cases  the velocity 
ratio  reached  a maximum at  an  intermediate  value of h .  A s  h increased  further the ratio 
decreased  indicating  that  the  boundary  layer  height was exceeded.  Therefore 6 had 

to be  selected  close  to  the maximum value of - . The value  selected  for 6 was  the value 
uQ 

'reff f 

f 

uQ 

r e f ,  'ref f 
of h at  the  point  where - was  equal to 0.995 of the maximum value of - reached  in 

the  profile  before  the  profile decreased. 

The measured  boundary  layer  thickness was compared to an  incompressible flat 
plate value  (ref. 8) given  by  the equation 

6 =  0.0598 
f log RL - 3.170 f 

f 
The Mach number at the  edge of the  boundary  layer ME was  obtained from a plot of 

f 
M2 as a  function of h. The  velocity  at the  edge of the  boundary  layer Ue was  given  by 

the equation 
f 

U = 20.05 e M6 f 
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Velocity ratio  profiles  are  presented  as plotted against h .  - was  obtained by  the U U 
e ' e  

equation 

Displacement thickness 6* and momentum thickness 8 were  calculated  by  adapting f f 
the  equations of reference 9 as follows: 

For the  forward  boundary  layer  rake  the factor - + was  set  equal to unity,  since  the r 
upper  surface of the  airplane  roughly  resembled  a flat plate. For the aft boundary  layer 
rake  the  factor - + was greater  than  unity,  since the boundary  layer  height was not 

small compared to the  nacelle's  radius of curvature. 
r 

The variation of pitot pressure in  the boundary  layer, p i ,  was  also of interest.  These 
pressures  were normalized  by  free-stream  total pressure, p t  , and  the  resulting  ratio was 

called PTRAT: 
m 

Nozzle Pressure Ratio 

The appropriate  engine  manufacturer's  program to calculate F100-PW-100 engine 
parameters was used to obtain  nozzle entrance  pressure , the  ratio of specific  heats,  and 
other  engine  parameters. The desired  quantities  were  obtained  as  a function of  Mach 
number,  pressure  altitude,  and  engine power setting. Left engine nozzle pressure  ratio, 
NPRL, was  calculated  by  using  the  nozzle  entrance pressure from the  engine program and 
the  calculated  value of p ,  obtained from the  nose boom measurements. 

For some  of the  data  at Mach numbers of 0 . 6 0 ,  0 . 8 0 ,  0 . 9 0 ,  and 1 . 2 0 ,  nozzle  exit 
pressure was  calculated  by  using  the nozzle entrance  presssure,  the  ratio of specific heats, 
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and  the  measured  values of nozzle throat  and  exit  areas.  Isentropic flow was assumed.  The 
nozzle exit  pressure was  compared to free-stream static  pressure, p , .  The comparisons 

showed that  the nozzle exit  pressure was generally within ?O. 7 N/cm of p ,  , indicating 
operation near  the  design  pressure  ratio. 

2 

UNCERTAINTY 

The  estimated uncertainties  for some  of the  measured and calculated  quantities 
presented  in  this  investigation  are  listed  as follows. 

Parameter Uncertainties 

MOO- 
Subsonic . . . . . . . . . . . . . . . . . .  40.006 
Supersonic . . . . . . . . . . . . . . . . .  40.012 

2 P,, N/cm - 
At Mm = 0.90, h = 6630 m . . . . . . . . . .  20.059 
At M, = 1.40, h = 10,700 m . . . . . . . . .  kO.084 P 

P 
2 

Qm, N/cm - 
At M, = 0 . 9 0 ,  h = 6630 m . . . . . . . . . .  20.035 
At Mm = 1.40, h = 10,700 m . . . . . . . . .  20.001 

p Q ,  N/cm . . . . . . . . . . . . . . . . . .  20.025 
. . . . . . . . . . . . . . . . . . .  20.031 

a ,  deg . . . . . . . . . . . . . . . . . . . .  fO.25 
p ,  deg . . . . . . . . . . . . . . . . . . . .  f0.25 
BTL, deg- 

At BTL = 18.4O . . . . . . . . . . . . . . .  20.43 
At BTL = 9.5O . . . . . . . . . . . . . . . .  50.25 

P 
P 

2 

pi,N/cm 2 

A n ,  percent- 
At BTL = 18.4O . . . . . . . . . . . . . . .  21.4 
At BTL = 9.5O . . . . . . . . . . . . . . . .  21.6 

2 A J ,  cm . . . . . . . . . . . . . . . . . . . .  55 2 

The uncertainties  listed  include  contributing  uncertainties  in  instrumentation,  en- 
coding,  and  calculation. Where appropriate, the contributing  uncertainties  were combined 
using  the  root-sum-square method to obtain  the uncertainty  listed.  Uncertainties  in M, , 
p , ,  and Q, include position error  uncertainties  determined  in  flight  using  the tower flyby 
and radar  tracking  methods. 

To obtain uncertainties in C and C a ,  the  perturbation method was used for the  flight P 
test  conditions shown in  table 2. These  conditions cover  a wide range of test  conditions. 
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The uncertainty  in C was  obtained  for one of the 42 nozzle orifices, and the  uncertainty 

in C, was  obtained  using  equation (2). These  quantities  are  plotted  against q, in  figure 14. 
Both uncertainties show a  strong  dependence on g,. The  highest  uncertainty  occurs  at 
low q, , which corresponds  to low M, at  the  higher  altitudes.  Conversely,  the lowest 
uncertainty  occurs  at  high q, , which corresponds to flight  at  high M, at  the lower 
altitudes.  For  the  latter  conditions , the uncertainty  in C approaches 0 . 0 1 ,  while the 

uncertainty  in Ca is less than 0.0001.  

P 

P 

RESULTS AND  DISCUSSION 

The following discussion  concerns the  fuselage pressures,  boundary  layer  profiles, 
boundary  layer  thickness , nozzle pressures, and  nozzle axial  force. The fuselage  and 
nozzle pressure data  and  the  nozzle  axial  force  data  were  obtained with the  boundary 
layer  rakes  removed. Where possible , the  effects of the  propulsion system variables, 
flight  variables,  and flow interference  were  separated,  and  it became clear which variables 
had  the greatest effects on the  data. 

Aft Fuselage Pressures 

Except as  stated  otherwise , the  fuselage pressure data  were  obtained with the cowl 
angle  set  at O o  and  the  bypass door closed. The effect of altitude  variation on these  data 
was negligible, so data  acquired at different  altitudes are occasionally presented  together. 

The  fuselage pressure data  were  used to identify  the  nature of the flow fields (compres- 
sion or  expansion)  over  the  fuselage.  Figure 15 shows  these flow fields  as well as the 
vehicle components that  influenced  the pressure  data. For the  upper  fuselage  region 
(fig. 15 (a)), the  expansion  field is influenced  by  the  forward  portion of the  wing. The 
compression  field immediately downstream of this  region  for both the  upper  and  the lower 
fuselage  (fig. 15 (b)) is influenced  primarily  by  the  contour  change  due to the  engine 
nacelles  and  possibly  also  by  wing shock waves.  Farther downstream , in the  nozzle/ 
afterbody  region , the flow field becomes the most complex and  generally shows either an 
expansion-recompression o r  an expansion  field.  The  presence of the  vertical  tail, 
boattailing  due to the  fuselage  and nozzle interfairing , and  variable nozzle  geometry all 
combine to influence  the flow in  this  region. 

These flow fields  are  apparent  in  figure 16 , where  data  are shown for M, = 0.90  and 
a X 2O for a  test  altitude of 10 ,600  meters. For the  upper  fuselage  centerline,  the expansion 
due to the wing and compression due to the  nacelle , followed by  expansion-compression to 
near ambient pressure , are  clearly  shown. The upper left nacelle  centerline  data  are 
similar downstream of X / L  = 0.53 except  that  the  data show steeper  negative  slopes, 
possibly  because of the closeness of the  expansion  field of the  vertical  tail. The lower 
fuselage  centerline  data show expansion  due to boattailing. No compression is shown for 
the aftmost pressures. Downstream of X / L  = 0.7 the  lower left nacelle  centerline  data  are 
similar to the  data  for  the  upper left nacelle  but with a  smaller  slope. The upper left tail 
boom pressures , which are closest to the  tail, show a  strong  expansion to a very low 
pressure followed by  a  rapid compression to near ambient pressure for  the aftmost orifice. 
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The upper  nacelle  centerline  data (fig. 1 9  (c) ) show that from Mm = 0.64 to Mm = 1.05 

downstream of X / L  = 0 . 8 ,  steeper  gradients  occur  than  those for the  upper  fuselage 
(fig. 19 (a)).  This may be  due to  the  closer  proximity of the  expansion  field  generated  by 
the  vertical  tail. Sonic flow is reached for Moo = 0.90 and Mm = 0.96. C values from 
- 0 . 3  to -0 .4  are noted just  ahead of the  nozzle. At the  higher Mach numbers,  the  after- 
body C values  at X / L  greater than 0 . 8  become less  negative,  reaching  values  just  under 
atmospheric  at Mm = 2.00. The  overall  profile  change with X / L  diminishes with increasing 
Mach number above Mw = 1.40.  

P 

P 

Figure 19(d) shows  that  the Mach number  effects  for  the  lower  nacelle centerline  are 
much weaker  than  those  for  the  upper  nacelle  and  lower  fuselage.  The aftmost C values 
decrease from -0.1 at Mm = 0.64 to -0.22 at Mm = 1.05 .  Further  increase  in Mm causes an 
increase  in  the aftmost C values to slightly  under  atmospheric  pressure  at Mm = 2.00. The 
profiles  at M w  = 1.60 and Mm = 2.00  show little  dependence on fuselage shape,  suggesting  a 
thickened  boundary layer. 

P 

P 

Figure  19(e)  shows  that  the C levels for  the upper left tail boom are  negative  and show 
P 

steep  gradients  for  all Mach numbers. At Mm = 0.90 and Mm = 0.96 the sharp compression 
shown at  the aftmost station is probably  due to a  standing shock wave,  since  sonic flow is 
exceeded  upstream of this  location.  This shock wave dissipates at Mm = 1.05  and is not 
present  for  the  higher  supersonic Mach numbers,  where  the flow field  shows  only  a  steep 
expansion  gradient. 

Effect of angle of attack. -The effect of angle of attack on fuselage pressures is shown 
in  figures 20 (a) to 20 (c) . Data are shown for Mm = 0.60,  0.90,  and 1 . 2 0  at 10,500 meters 
to 10,900 meters; no data  showing  the effect of angle of attack  were  obtained  for  higher Mach 
numbers. For Mm = 0.60 and Ma % 0.90 (figs.  20(a)  and 20 (b) , respectively),  increasing 
angle of attack generally  reduced  pressures on the  upper  surfaces  and  increased  pressures 
on the  lower  surfaces. For Mm = 1 . 2 0  (fig. 20 (c)) , the  results  are  similar,  except  that  the 
C changes  are  smaller,  corresponding to a  smaller  range  in  the  test  angle of attack. 
P 

Effect of angle of sideslip. -The effect of sideslip  change from nose left to nose right 
on fuselage C at Mm = 0.80 is shown in  figure 2 1 .  Data were  obtained  at a = 5 O  at 
1 3 , 8 0 0  meters. Nose-right sideslip  causes  an  increase  in C for  both  the top and bottom 
surfaces of the  fuselage  and  nacelle  for  all  values of X / L .  This effect carries  over to the 
first two orifices on the tail boom. 

P 
P 

Other  effects.  -Several  other  variables  were  examined  for  their  effects on the  fuselage 
pressures. These  included  sealing off the  segmented  flexible fairings,  varying the  inlet 
cowl angle, opening  the  inlet  bypass  doors, and changing  altitude. Systematic tests with 
variations  in  the segmented  flexible fairings,  inlet cowl angle,  bypass door position,  and 
altitude  were  made.  These  variables had  slight or negligible effects on the  fuselage 
pressures. For example,  figure 22 illustrates  the  negligible effect of a cowl angle  change 
from - 4 O  to 1l0 on fuselage C . No systematic variations of horizontal  tail  and  vertical 
tail  were  possible. 

P 
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Boundary  Layer  Profiles 

Boundary layer  profile  parameters  are  presented  in  tabular  and  graphic form for 12 test 
conditions.  Table 3 shows  the  test  conditions  for  these  data,  and  table 4 shows  the  profile 
parameters PTRAT and - for  the  various pitot  tube heights on the  forward  and aft rakes. 

The  data  cover  the Mach number  range 0 . 6 0  to 1 . 2 0  for the  three  test  altitudes. The left 
cowl was  fixed  at Oo. 

U 

' e  

Figures 23  to 25 show the  effects of altitude, Mach number,  and  angle of attack on the 
forward  and aft boundary  layer  profiles,  respectively. The presence  or  absence of the 
forward  rake  was examined for  its effect on the aft boundary  layer  profile. The  data showed 
no effect of bypass door position. 

Figure 2 3  shows  the effect of altitude on the  boundary  layer  profiles for  an  angle of 
attack range from 2 .  lo to 3 .  lo at Mach numbers of 0 . 8 0  and 0 . 9 0 .  The  test  altitudes are 
6600 meters, 1 0 , 6 0 0  meters,  and 13 ,900  meters. No altitude  effects are  apparent  for  the 
forward  rake  and for the aft rake  at Moo = 0 . 8 0 .  For the aft rake  at Mm = 0 . 9 0 ,  reducing 
altitude from 1 0 , 6 0 0  meters to 6600 meters  produces only  a slight  increase  in below a 

height of about 16 centimeters. 

U 

e 

Figure 24 shows  the effect of  Mach number on the boundary  layer  profiles from 
Moo = 0 . 6 0  to Moo = 1 . 2 0 .  Angle of attack ranged from 2.5O to 3 .Fjo at 10 ,600  meters  and 
1 3 , 9 0 0  meters. Some  of these  data  indicate  that  the maximum value of # is reached at 

intermediate  values of h , after which decreases with increasing h.  The decrease in 

- at the upper  part of the  rake is attributed to the  fuselage flow field and not viscous 
' e  
effects in  the  boundary  layer.  Increasing Moo from 0 . 6 0  to 0 . 8 0  shows  a  negligible effect on 
- near  the bottom of the  profile  for  the  forward  and aft rakes.  Increasing Moo to 0 . 9 0  
' e  
and 1 . 2 0  reduces - slightly  near  the bottom of the  profile  for  the  forward rake. A similar 

effect is noted for  the aft rake  as Moo increases to 0 . 9 0 ,  but  the  trend is reversed  as Mm 

increases  further to 1 . 2 0 .  

u 
e 

e 

u 

u 

U 
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Figures 25 (a)  and 25 (b) show the effect of angle of attack on the  boundary  layer 
profiles  for both rakes for Mm = 0 . 6 0 ,  0 . 8 0 ,  0 . 9 0 ,  and 1 . 2 0  at h = 10 ,600  meters  and 
13 ,900  meters. At Mm = 0 . 6 0  and 0 . 8 0 ,  increasing  the  angle of attack increases mod- 

erately  near  the bottom of the  profile  for  both  rakes;  the  largest effect occurs at Moo = 0.80 

at  the  forward rake. At  Mach numbers of 0 . 9 0  and 1 . 2 0  the effect of angle of attack is 
reduced,  but  persists. At the  higher  values of h , increasing  angle of attack reduces - . 
This is most evident  at Mm = 0 . 8 0  for  the  forward  rake  and  at Moo = 0 . 6 0 ,   0 . 8 0 ,  and 0 . 9 0  for 
the aft rake.  Figure 26 shows  that  the  forward  rake  does not affect the aft rake  boundary 
layer  profile. 

P U 

e 

u 
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Boundary  Layer  Thickness 

The  boundary  layer  thickness  parameters 6Q and 6 were  analyzed  for  the 12 test 
conditions shown in  table. 3 and 6 3  other  test  conditions.  These  data  are  presented  in 
figures 27 (a)  and 27 (b) , for subsonic Mach numbers and Moo = 1 . 2 0 ,  respectively, for the 
several  test  altitudes.  The  data  are plotted against  angle of attack. 

f 

A s  shown in  figure 27 (a),  at 6100 meters  the  thickness of the  boundary  layer  at  the 
forward rake, 6 , is constant at 24 centimeters  for  the  angle of attack  range from lo to 4O. 

Further  increase  in  angle of attack reduces 6 sharply to about 11 centimeters  at a = 7O. 

At the  higher  altitudes  the  variation of 6 with angle of attack is similar,  except  that  at  the 
lowest values of angle of attack, 6 decreases  slightly. For both  altitude  plots 6 shows 
good agreement with the  predicted flat  plate  boundary  layer  thickness  at  the  lower  angles 
of attack. 

f 
f 

f 
f f 

For the aft rake  at 6100 meters, 6Q decreases  slightly  over  the  angle of attack range, 
with a  value of about 12 centimeters for intermediate  angle of attack  values. At the  higher 
altitudes  the  boundary  layer  thickens to about 18 centimeters  at  the lower angles of attack 
but  thins more rapidly with increasing  angle of attack  than  at  the  lower  altitude. 

At every  altitude, 6Q is considerably  smaller  than  the  predicted flat  plate  boundary 
layer  thickness.  This  result  suggests  that  the flow near  the aft rake is more three dimen- 
sional  than  that  near  the  forward  rake. Comparing 6 and 6Q shows  that  the  aft  boundary 
layer is thinner  at  all  test  conditions. Removing the  forward  rake  had no apparent effect 
on the  thickness of the aft boundary  layer. 

f 

The  data  for Moo = 1 . 2 0  (fig. 27 (b)) are  limited,  but  the  trends  are  similar to  those  for 

the  subsonic  data  (fig. 27 (a) ) . 

Nozzle Pressures 

Figure 28 illustrates  the C profiles  that  can  occur on an isolated  idealized  nozzle 
P 

afterbody.  Curve 1 shows  the  expansion to a minimum value  upstream of the  fuselage/ 
nozzle juncture. The subsequent  pressure  rise downstream of the  juncture to a  positive 
value of C illustrates good recompression  and  attached  flow.  Curve 2 is the same as 
curve 1 except  for  the downstream nozzle flow. The sharp  decrease  in  slope  and  loss of 
compression indicates flow separation, with a  corresponding  lower  pressure on the nozzle 
surface.  Curve 3 illustrates  a  lower minimum pressure than curves 1 and 2 ,  followed by 
a sharp  instantaneous  pressure  jump.  This  sharp jump indicates  a  standing compression 
shock wave. Following the  shock wave the flow  may separate  in  a  manner  similar to 
curve 2 .  Note that  the  separation C level for curve 3 may lie below that  for curve 2 

because of the  lower  upstream  value immediately ahead of the  separation  point. 

P 

P 

Several  factors affected the pressures measured on the  left  nozzle of the  test  airplane 
and  caused  changes  in C from an  idealized  nozzle  afterbody  (fig. 2 9 ) .  These  included 
nearby  airframe  components,  such  as the vertical  tail,  horizontal  tail boom, and nozzle 

P 
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interfairing;  the  surface  discontinuity between the  fixed and  variable  portions of the 
nozzle; variations in right  and left nozzle  geometry; and  upstream flow variations  due to 
changing cowl geometry and  leakage flow. 

An example of test  data  that  resemble  curve 1 in  figure 28 is shown in  figure 30.  The 
data are from the same test  as that  illustrated  in  figure 1 6 .  All of the nozzle rows  exhibit 
recompression  to  positive  values of C beginning from negative  values of C . No flow 
separation is apparent.  The  rows of static  pressure  orifices  at  angular locations of 350' 
and 182' show the  greatest  increase  in C . These two rows  are  farthest from the  influence 
of the  tail on the  lefty  and from the  influence of the nozzle interfairing  and  right nozzle on 
the  right. Although the  increases  in C for  these  rows are about  the same (about 0 . 2 4 1 ,  

the row at 182' has  a  higher C at X / L  = 0 .931  since  the  recompression  started  at  a  higher 
C at X / L  = 0 . 8 9 7 .  This  result is in  keeping with figure 16 which  shows  that  the  lower 
nacelle  terminal  pressure is greater  than  that for the upper  nacelle.  Thus  these  data 
indicate  that  upstream pressure  level affects the C level on the  nozzle. 

P P 

P 

P 
P 

P 

P 

The  data in  figure 30 also show that  the C values for X / L  = 0 .931  for  the top rows  
(the  rows at 278' 302O 350°,  62O, and 86O) are about the same. This  indicates  three- 
dimensional flow around  the top of the nozzle since  the C values  are  all  different at 
X / L  = 0 . 8 9 7 .  The C values  at X / L  = 0 . 9 3 1  for all the bottom rows  (the  rows at 230°,  182', 

and 134O) are about the same and  exceed  the corresponding  values for  the top rows .  
This  difference  suggests  that  the horizontal  tail boom  on the left and  the nozzle inter- 
fairing on the  right  tend to separate  the flow at the top of the  nozzle from that  at  the 
bottom  of the  nozzle. 

P 

P 
P 

Effect of left nozzle boattail angle. -The effect of a  reduction in left nozzle boattail 
angle, BTL, from 1 8 .  1' to lower  values on nozzle C is shown in  figure 31 for M w  = 0 . 6 1 ,  

P 
0 . 9 0 ,  and 1 . 2 0 .  The overall effects  for M w  = 0 . 6 1  (fig. 31 (a))  are small. The initial C 

values  at rows 182' and 230° ,  which are somewhat isolated from the  tail  and  interfairing, 
are lower for the 1 8 .  lo boattail angle  due to greater  initial  expansion  over  the  steeper 
boattail angle. The bottom rows show higher terminal values of C than do the top rows  
for  both values of BTL. 

P 

P 

The  data  for Moo = 0 . 9 0  (fig. 31 (b)) show stronger effects of the BTL change  than  for 
figure 31 (a) , particularly for the  initial C levels at the bottom rows.  This is probably 
due to the larger boattail angle  reduction  and  the  higher M w  , which causes  greater flow 
expansion from the  fixed  to  the  variable nozzle surfaces.  Separated flow occurs on  some  of 
the  rows  for BTL = 1 8 .  1' for X / L  greater  than 0 . 9 1 .  Again as for Moo = 0 . 6 1  the bottom 
rows show higher  terminal C values  than the top rows. 

P 

P 

Figure 31 (c) shows the  effects  at Mw = 1 . 2 0  of a BTL change from 1 8 .  1' to 9.3'. At 
this Mach number flow is complex and  separated flow is more prevalent. At  BTL = 18.1' 
large  initial flow expansion  occurs for rows 302O 350' 182O, and 230O. The subsequent 
abrupt  recompression is believed to be  caused  by  standing shock waves. 
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The  overall effect of decreasing left nozzle  boattail  angle is to increase  the nozzle 
pressure coefficients for  the  three  test Mach numbers.  The  data  also show the  nonuniformity 
of the  pressure  profiles for the  several nozzle rows. 

Effect of right nozzle  boattail angle. -The effects of a  change  in  right nozzle  boattail 
angle, BTR , from 13.7O to 6.6O on left nozzle C are shown in  figure 32.  Data are for 
Moo = 0.88, BTL = 14.8O, and a = 6 O .  The C profiles along  each row are  essentially 
parallel;  the  lower  values  correspond to  the  higher  boattail  angle.  This  result is explained 
as  follows. As BTR increases  at  subsonic  speeds,  the  total  aft  end  closure  (the  ratio of aft 
end  area to maximum cross-sectional  area) is decreased,  causing  the flow approaching  the 
nozzles to expand to a more negative  pressure  field.  This  negative  field is propagated to 
the left  nozzle due to the  three-dimensional  effects  that  exist in a  subsonic  field. 

P 
P 

Effect of  Mach number .-Mach number  significantly  affects  nozzle C , as shown in 
figure 33 for  the same tests  as  in  figure 1 9 .  Figure  33(a)  shows the  data  for Mach numbers 
of 0.64 and 0.90. The C level  for  all  rows is generally  reduced  at Mw = 0.90. The row at 
182O shows  the  highest  recompression  for  both Mach numbers. The rows  at 278O,  302O, 
350°, 62O, and 86O show signs of separation  at M w  = 0.90. For the  rows  at 302O and 350° 

the C values at X / L  = 0.897 and 0.904 for Mw = 0.64 are lower  than  those  for Mm = 0.90. 
This is attributed to flow interference from the  vertical  tail  at M w  = 0.64 due to the  tail 
inclination  angle, or toe-in  angle (refs. 3 and 4 ) .  

P 

P 

P 

Increasing Moo from 0.90 to 0.96 (fig. 33 (b)) causes only slight  reductions  in C along 
P 

the nozzle rows  except  for  the  first  orifice  in  the  rows  at 230° an*d  182O, where  the  reduc- 
tion  can be termed  moderate.  Further  increase  in Mm from 0.96 to 1.05 (fig. 33 (c) ) , 
however, shows  a large  reduction  in C for all  rows. Flow expansion from the  fuselage 
boattail to the nozzle reduces  the  initial C level  for almost all of the  rows. The rows  at P 
350°, 230°, and 182O show flow expansion from the  fixed to the  variable nozzle surface 
at Mw = 1.05.  The sharp C increases  in the rows at 350° and 230° suggest  standing 
compression  shock waves. The C profiles for the  rows at 302O and 62O show somewhat 
smaller  increments,  and  these  are  also  attributed to  the  shock  waves.  The row at 86O 
shows  entirely  separated flow at Mw = 1.05.  

P 

P 
P 

Increasing Mw from 1.05  to 1 . 2 0  (fig. 33 (d))  increases  the  overall C level  slightly 
on almost all  rows with little or no change in profile  shape.  This  trend  reversal is 
attributed to the larger  initial C value  for almost all the rows. The flow at  the  rows at 

62O,  86O, and 134O is entirely  separated at M w  = 1 . 2 0 .  Further  increases  in M w  from 1.20  

to 2 .OO (figs.  33(e)  and 33(f)) cause  further  increases  in C . The nozzle flow becomes 
separated  everywhere,  and  three-dimensional flows predominate. Note that  at Mw = 2.00 

the  terminal C values  for  the top and bottom rows are  nearly  equal. The increasing 
pressure  levels on the nozzle with increasing Mach number are believed to be  due to up- 
stream  effects  that are  propagated almost unchanged  along  the  nozzle  surface. 

P 

P 

P 

P 
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Effect of angle of attack. -The effects of angle of attack on nozzle C are shown in P 
P figure 34 for  the same tests  as  in  figure 2 0 .  Only slight  differences  in C level  are noted 

for some of the  rows  at  each  test Mach number as  angle of attack  increases. 

Effect of angle of sideslip. -The effect of changing  sideslip from lo nose left to lo 
nose  right on nozzle C at Moo = 0 . 8 0  is shown in  figure 35 for  the same tests  as  in  figure 2 1 .  

The increase  in  fuselage C shown in  figure 21  carries  over to the  nozzle. The C profiles 
most affected are those on the bottom. Overall, the angle of sideslip effects are small .  

P 
P P 

Effect of cowl angle. -Cowl angle  variations, which  showed slight effects on fuselage 
pressures, propagated  farther downstream  to  the upper  and  side nozzle rows,  and had a 
small effect on the pressure coefficients, as  illustrated  in  figures 36 (a) to 36 (c) . At 
Moo = 0 . 5 9  (fig. 36 (a))  all  the  rows  except  the lower ones show C changes  in  the  first two 
orifices. The trends  in  the left and  right  sides of the  nozzle are  opposite. At Mm = 0 . 8 9  

P 

(fig. 36 @)) the effect of the cowl is greatest  in  the  rows  at 62O and 86O. At Moo = 1 . 2 0  

(fig. 36 (c)) cowl angle  variations  had  little effect. 

Effect of sealed  fairings. -The effects of sealing  the segmented  flexible fairings on 
nozzle C are shown in  figure 37 and are small. Data are shown for Moo = 0 . 9 0  a = lo, 

P 
and h = 6000 meters  and 6400 meters with the top  half of the  annular  gap  sealed. The 
bottom half  was unsealed.  For  the  sealed  condition, C decreases for  the top rows 
(those at 302O and 350O) at  the  upstream  nozzle  stations.  There is no change  at  the 
downstream stations  at  these  rows. The row at 86O shows  a  positive  increment  along 
the entire nozzle row due to the increased  vent flow. This effect is also noted in  the 
rows  at 134O and 182O to  a lesser  extent, and in  the  first two orifices  in  the row at 62O. 
By sealing  the  vent,  the  vent  air  that normally exits  through  the  entire  gap was forced to 
exit  through the bottom only. The  rows  at 302O and 350° show a C decrement  due to a loss 
in  pressurization, while the row at 86O shows  the  greatest effect of the  exiting  vent  air. 
The rise  in C at  the rows  adjacent to the row at 86O is due to three-dimensional flow in the 
separated flow region. 

P 
P 

P 
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Other  effects. "As with the  fuselage  data,  other  variables  were examined for their 
possible  effects on nozzle C . These  included  altitude (for Reynolds  number  effects) , 
inlet  bypass door position,  and  horizontal  and  vertical  tail  settings. Systematic variation 
of altitude  and  the  inlet  bypass door  position  showed no effect on nozzle C . No systematic 
variations of the  tail  settings  were  possible. Although some variations  in NPRL accompanied 
these  test  data,  they  are  believed not to affect the results  presented. 

P 

P 

Nozzle Axial Force 

Effect of left nozzle boattail  angle  and Mach number.-Figure 38 shows  the  variation 
of nozzle axial  force coefficient Ca with Mach number  and left nozzle  boattail  angle. Data 

- 
were  obtained during  level  flight  maneuvers  at the three  test  altitudes. Angle of attack 
ranged from 6O at Moo = 0 . 6 0  to Oo at Moo = 2 . 0 0 ,  and  right nozzle  boattail  angle ranged 
from the  military  power  setting to as low as 2O. The  data show Ca to  be  a strong  function of 
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BTL and Moo as  suggested  by  the  data  in  figures 31 and 33 .  The largest  scatter  in CQ 

occurs  at Moo = 1.20  at  the  higher boattail angles.  This is attributed to the  range  in  right 
nozzle  boattail angle and the  large  sensitivity of C to Moo in  this  region. For any BTL the 

transonic  force  rise  begins  at  a Mach number of approximately 0 . 8 0 .  At Mm = 0 . 9 0  for 
military  power  nozzle, CQ was 0 .0013 .  Peak values of Ca are  reached  near Moo = 1 - 0 0  after 
which CQ decreases  rapidly with Mach number. For all Mach numbers  the  increments  in 

CQ due to boattail  angle are approximately  constant. At high Mach numbers  the  curve  for 
BTL = 1 8 .  lo approaches  the  curve  for BTL = 14.6O because of the  decrease  in BTL caused  by 
the  engine  military lockup feature. 

Q 

Effect of right nozzle boattail angle.  -Figure 39 presents the effect of  BTR on the 
left  nozzle axial  force  coefficient, C for Moo = 0 . 8 0 ,   0 . 9 0 ,  and 1 . 2 0  for  three  fixed  values 
of BTL . Data were obtained at  the two lower  test  altitudes.  The  data show large  and 
steady  increases  in C with increasing BTR for all  test  conditions.  These effects are not 
unlike  those of figure 38 for  the effect of  BTL on CQ but  they  are  smaller. 

Q '  

Q 

Effect of angle of attack. -The effect of angle of attack on CQ is shown in  figure 40. 

Data are  presented for Moo = 0.60 0 . 9 0  and 1 . 2 0  at 10,700 meters for several boattail 
angles.  The  data  scatter  precludes  any  interpretation  at Moo = 0 .90  and 1 .20 .  There is a 
slight  decrease  in Ca at Moo = 0.60 as  angle of attack increases from lo to 6O. 

CONCLUSIONS 

Fuselage  boundary layer, and  nozzle pressures  were  measured  in  flight for  a twin- 
jet  fighter  over  the Mach number  range from 0 . 6 0  to 2 . 0 0  at  test  altitudes of 6100, 1 0  y 700 y 

and 13 700 meters  for  angles of attack ranging from Oo to 7 O .  These  data  constitute  the 
data base from which  the following conclusions  have  been  reached. 

1. The aft fuselage flow field  was complex and showed the  influence of the  vertical 
tail nacelle  contour  and the  wing. A s  Mach number  increased above 0.64 lower 
fuselage  pressure coefficient decreased  rapidly  'approaching -1.0 at  supersonic  speeds. 
Changes in the  boattail  angle of either  engine affected the  upper  fuselage  and lower 
fuselage  pressure coefficients  upstream of the  nozzle and  increasing  angle of attack 
generally  reduced  upper  fuselage  pressure coefficient and  increased lower  fuselage 
pressure coefficient. 

2 .  Profiles of boundary  layer velocity ratio on the upper  nacelles showed only small 
changes with Mach number.  Increasing the  angle of attack increased the  profile  near the 
bottom of the  rake for all Mach numbers. 

3 .  Boundary layer  thickness for the  forward  nacelle  rake  agreed with a  flat  plate- 
predicted  value  at  the lower angles of attack.  Boundary  layer  thickness  for  the aft nacelle 
rake was less  than the  flat  plate-predicted  value. For both rakes the thickness of the 
boundary  layer  decreased  as  angle of attack increased above  about 4'. The value of 
boundary  layer  thickness  for  the aft rake was  always less than  that  for  the  forward rake. 
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TABLE  3.-TEST  CONDITIONS FOR BOUNDARY LAYER PROFlLES 

t P  = 001 

point' m 

0 .577  

0 . 7 9 3  
0 . 5 9 1  

0 .801  
0.800 

0 , 8 9 2  
0.889 

0 .905  
0 .906  

10 0 .909  

12 
11 1 .203  

1 . 2 0 5  

t 
10.952 

13.924 
10.684 

10 .581  
10.686 
13.875 
10.822 
5 , 9 4 9  

1 3 , 6 5 0  

13.987 
10.743 

13.884 

I F q =  deg d e g  

15 .O  X lo6 

125.0 
7 .0  0 . 1  109 .0  
3.5 0 
2 .5   0 .2   119 .0  

78 .1  

2 . 1  0 .1  224 .0  

6 . 1  0 . 1  123 .0  
3 .2   -0 .4   85 .0  

0 . 9  0 . 5  108.0 
2 . 5  1 0.2  I 109.0  

B y p a s s  
door 

pos i t ion  

C l o s e d  

Closed  
Closed  

Closed  
Closed  
Closed  
Closed  
Closed  
Closed  

Closed  
Closed  

Open 

2.40  1 .44 
3 .90  
7 .95  

2 .33  

2 .54  

3 .50   1 .44  

264 
259 
271 
288 
254 
272 
282 
285 

'The o r i g i n a l   n u m b e r  for test point 1 wns 16; lor 2.   14:  3.   36;  4.   29; 5 ,  33; 6 .  74; 7 ,  66;  8. 56 ;   9 .  72; 10. 68; 
11 .   82 ;   and   12 .  85. 

T a b l e  3 .  -Concluded  

I F o r w a r d  rake I Aft rake 
I 

e .  * 
c m  RLa 'e 

c m  m i s e c  
9.  6.. '5'. 
c m  N i c m 2   N i c m 2  

1 

0 .67  0 .99   13 .14  247.3  60.1 
85 .5  

1 . 3 6  
2.48  4 

1 . 5 1  2 .17  22.90  233.2 41 .5  1 .45  3 

0.53 0.69  11.18 188.9  65.0X lo6 2.20 
55.6  

0.84  1.09 20.52  114.2 5 1 . 3 X  lo6 
0 .74   0 .98   17 .52  195.8  70.4 2.52  1.40 1 . 8 3  23.13  180.1 2.65 2 

2 .30  

227.1  22.00 2.05 1 .41   2 .31   108 .4  244 .0   16 .13   0 .94  0.65 
5 2.41  
6 1.46  

74 .8  238.7  13.34 1 .09  0.76  2.26 
53.4 

9 4 . 8  
263 .8   25 .21  3 .38  2.09 

253.0 7.03  0 . 5 1  0 .35  

7 2.39 
1 . 4 1  6 i . 7   2 6 9 . 5  

0 . 7 1  1 .26  12.36  339.7  94.5  1 .51  1 .64 2 . 9 0  20.52  320.1 
1 . 5 5  

74.6 
0 .79  1 . 4 3  19.94  333.8 93 .6   1 .63   2 .82  21.56  312.4 73.9 

1 .12  12 
1 .74  

0 .70  1.05 12 .75   273 .3  
11 

1 . 0 4  1 . 6 1  11.35  267.7 
107 .0  

73.7 
2 . 3 6  
1 . 4 6  

1 .50 2.45 18 .37   279 .5  85 .O  2.31   10  
( b )  (b) (b) ( b )  ( b )  

0.65  0 .98  12.10  281.6  195 . O  
1.47  9 

4 .69   1 .93  3 .01 25.48  274.3 153.0 
1 .07  1 . 6 3  18 .87   276 .2  103 .0  2 .28   1 .89  2 .98  24.36  266.6 8 1 . 7  

4.86 8 

1.18 1 . 8 0  19 .87  

' T h e o r i g i n a l   n u m b e r f o r   t e s t   p o i n t  1 w a s  16; for 2 .   1 4 ;   3 ,   3 6 ;   4 .   2 9 ;  5. 33; 6 .  74:  7.  66 ;  8. 5 6 ;  9.   72 ;  10, 68; 11. 82 ;   and   12 .   85 .  

bForward rake r e m o v e d .  
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TABLE 4 .  -BOUNDARY LAYER PROFILES 

Test point 1 

Aft rake F o r w a r d  rake 
" 

I r ~~ ~~ 

h, 
cm 

0 
0.76 
1.40 
3.94 
7.77 

13.41 
i 9 . 1 8  
24.89 
29.11 
33.83 
38.43 

PTRAT 1 - U 
'e h' I PTRAT I U 

cm 
- 
'e 

0 
0.903 
0.929 
0.967 
0.991 
0.997 
0.992 
0.983 
0.974 
0.969 
0.966 

0 
0.797 
0.861 
0.945 
0.993 
1.005 
0.994 
0.976 
0.959 
0.950 
0.947 

0 
0.916  0.76 
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0.986 7.87 
0.960 3.99 
0.923  1.40 
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19.18  1.002 
24.64  1.005 
29.41 1 .003  
33.93 1.004 
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0.963 
0.998 
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Aft rake F o r w a r d  rake 

h 9  1 PTRAT cm cm 1 PTRAT h ,  U - 
"e 

0 
0.744 
0.770 
0.856 
0.920 
0.962 
0.987 
1.005 
1.001 
1.007 
0.987 

0 
0.76 
1.40 
3.94 
7.77 

13.41 
19.18 
24.89 
29.11 
33.83 
38.43 

0 
0.887 
0.914 
0.950 
0.981 
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0.996 
0.997 
0.995 
0.991 
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0.993 
1 .003  
1.005 
1.002 
0.995 
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1.006 
1 .005  
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7.87 

13.46 
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0.929 
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1.007 
1.006 
1.004 
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0.903 
0.961 
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1.004 
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1.40 
3.94 
7.77 
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19.18 
24.89 
29 .ll 
33.83 
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0 
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0.923 
0.972 
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0.995 
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0.975 
0.978 
0.973 

0 
0.741 
0.813 
0.924 
0.981 
1.001 
1.005 
1.003 
0.984 
0.987 
0.982 
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Figure 7 .  Concluded. 
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Figure 10.  Variation of test  Reynolds  number  with  test 
Mach number. 
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Figure 11. Left  nozzle  boattail  angles  tested. 
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Figure 15. Influence of vehicle  components  on  fuselage flow f ields.  
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( b )  Lower fuselage. 

Figure 1 5 .  Concluded. 
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( c )  BTL  change  from 18. lo  to 9 . 3 O .  Moo a 1.20;  BTR = MIL; 
h % 10,700 m; a = lo; p = -0.4O; p = Oo; bypass  door  closed. P 

Figure 1 7 .  Concluded. 
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Figure 18. Effect of a BTR  change  from 13. 7O to 6.6O 
on  aft  fuselage  pressure  coefficients. Moo = 0.88; 

BTL % 14.8O; h = 6200 m; a 6O; p % - 0 . 2 O ;  p = Oo; 
bypass  door  closed. 
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Figure 19. Effect of Mach  number  on  aft  fuselage  pressure 
coefficients. B T L  = M I L ;  BTR = MIL and 1 5 .  Oo; 
h = 10,600 m and 13,900 m; a z lo; p Oo; p = Oo; 

P 
bypass  door  closed. 
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( d )  Lower left  nacelle centerline.  

Figure 19. Continued. 
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( e )  Upper left  tail boom. 

Figure 19.  Concluded. 
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Figure 21. Effect  of  angle of sideslip  change  from lo 
airplane  nose  left to lo airplane  nose  right  on  aft  fuselage 
pressure  coefficients. Moo = 0.80; BTL = MIL; BTR = M I L ;  

h = 13,800 m; a = 5 O ;  p = Oo; bypass  door  closed. 
P 
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( a )  Moo = 0.59; BTL = MIL; BTR = MIL; h = 6300 m; 
a 0.3O; p x -0.3O; bypass  door  closed. 

P 

Figure 22. Effect of cowl  angle  change  on  aft  fuselage 
pressure  coefficients. 
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( b )  Moo = 0.89; BTL = MIL; BTR = MIL; h = 6400 m; 
a = lo; p = -0.3O; bypass  door  closed. 

P 

Figure 22 .  Concluded. 
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Figure  24.  Effect of Mach number  on  boundary  layer  velocity  ratio. h = 10,600 m 
and  13,900 m; a = 2.5O to 3.5O. P 
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0 Forward  rake on 
0 Forward  rake off 

Figure 26. Effect of forward 
rake on aft  rake  velocity  ratio. 
Moo = 0.90; a = 3.2O to 3.5O. 
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( a )  Subsonic  Mach  numbers. 

Figure 2 7 .  Variation of boundary  layer  thickness  with Mach 
number,   alt i tude, and angle of attack. 
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Figure 28. External  pressure  profiles that  can  occur on an 
isolated  idealized  nozzle. 
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Figure 29. Factors  that  affect  pressures  on  left  nozzle. 
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(a) BTL change  from 18.1O to 1 2 . 3 O .  Moo = 0.61; 

h = 10,600 m; a = 6 O ;  p = -0 .  lo; p = Oo; bypass 
door  cZosed. 
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Figure 3 1 .  Effect of BTL on left nozzle  pressure  coefficient. 
BTR = MIL. 
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Figure 33 .  Effect of Mach number  on  left  nozzle  pressure 
coefficient.  BTL = MIL; BTR = MIL and 1 5 .  Oo; 
h = 10,600 m and 13,900 m; a = lo; p = -0.1O; p = Oo; 
bypass  door  closed. 

P 

71 



I' End of fixed nozzle I 

0 0.90 
0 0.96 

I 
.2 

I I rcp = 302" rp = 350" rcp =' 620 
0 

c p  -.2 

cP -.2 

- .4 - . 6  L 

-.4 I- 

= 86" 

rcp = 134" 

t 
- . 6  

. 88 .90 .92 .94 .88 .90 .92 .94 .88 .90 .92 .94 

XIL XIL XIL 

( b )  Moo = 0.90 and 0.96. 

Figure 3 3 .  Continued. 
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Figure 33.  Continued. 
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Figure 3 3 .  Concluded. 
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Figure 34 .  Effect of angle of attack on left  nozzle  pressure 
coefficient. p = Oo; bypass   door  c losed.  
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( b )  Effect of angle of attack  change  from lo to So. 
Mco = 0.90; BTL = MIL; BTR = MIL and 10.4O; 
h = 10,700 m; p = Oo. P 

Figure 34. Continued. 
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Figure 3 4 .  Concluded. 
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Figure  35.  Effect of angle of sideslip  change  from lo 
airplane  nose  left to lo airplane  nose  right  on  left  nozzle 
pressure  coefficient. Mol = 0.80; BTL = MIL; BTR = MIL; 

h = 13,800  m; a = 0. So; p = Oo; bypass  door  closed. 
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Figure  36. Effect of COWZ angle  change  on  left  nozzle 
pressure  coefficient. 
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Figure 36. Concluded. 
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nacel le   contour ,   and  the  wing.   Changes  in   the  boat ta i l   angle  of either  engine  affected 
upper   fuselage  and  lower  fuselage  pressure  coeff ic ients   upstream of the  nozzle.  

Boundary  layer   prof i les   a t   the   forward  and  af t   locat ions  on  the  upper   nacel les   were 
relatively  insensit ive  to  Mach  number  and  alt i tude.   Boundary  layer  thickness  decreased 
at   both  stations  as  angle of attack  increased  above 4 O .  

Nozzle pressure  coefficient  was  influenced  by  the  vertical   tai l ,   horizontal   tai l  boom , 
and  nozzle  interfairing;  the  last   two  tended  to  separate flow over   the  top of the  nozzle  from 
flow over  the  bottom of the  nozzle.  

T h e  left  nozzle  axial  force  coefficient  was  most  affected  by  Mach  number  and  left 
nozzle  boattail  angle. A t  Mach 0.90,  the  nozzle  axial  force  coefficient  was  0.0013. 
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